INTRODUCTION
The National Comnission on Space I n i t s r e p o r t I'Pioneerlng t h e Space Front i e r 1 ' ( r e f . 1) recommends a new look a t e l e c t r i c p r o p u l s i o n f o r i n t e r p l a n e t a r y Many studies on low t h r u s t i n t e r p l a n e t a r y t r a j e c t o r i e s were performed i n t h e 1960's and 1970's when e l e c t r i c propulsion was demanding much a t t e n t i o n . Since t h e tlme o f those studies, however, t h e i o n technology base has become much more advanced. Recent mission studies using advanced i o n systems discuss I n d e t a i l t h e p r o p u l s i o n systems b u t use o n l y g r e a t l y s i m p l i f i e d t r a j e c t o r y a n a l y s i s ( r e f s . 2 and 3 ) . Also, recent work i n v o l v i n g a 300 kW range nuclear power source I n d i c a t e s t h a t t h i s technology i s a l s o ready t o be i n c o r p o r a t e d i n t o f u t u r e v e h i c l e designs ( r e f . 4 ) . The t r u e m e r i t s o f u s i n g an e l e c t r i c propulsion system for Interplanetary travel, therefore, are best seen when both the propulsion systems and the trajectory analysis are studied together.
This paper summarizes a study o f nuclear-powered ion propulsion technology
Two power levels (300 kW and 3 MW) with corresponding Initial masses combined with detailed trajectory analyses to determine propulsion systems and trajectories for an unmanned cargo mission to Mars in support of manned Mars missions. (23 180 and 150 000 kg) were used to provide power for a 50-cm ion thruster propulsion system using xenon or argon propellant. The ion technology parameters were then used as inputs to a low thrust interplanetary trajectory optimization computer code. Starting locations included nuclear start orbit (NSO), geosynchronous-equivalent-altitude orbit (GEO), and lunar orbit at both local circular and escape velocities (Vescape). Each trajectory was calculated over a range of specific impulse.
For the 300 kW power level, the trajectory beginning in NSO with circular velocity was studied most thoroughly because it was considered the nearest term mission application of nuclear electric propulsion. The 3 MW power source and propulsion system were considered to be more advanced technology. By the time these technologies are available, a manned lunar base is expected to be operational, and, as postulated by the National Commission on Space, lunar orbit will be a logical starting point for interplanetary mis-sions. Therefore, for the 3 MW power level, effort focused on the trajectory option which began in lunar orbit with circular velocity.
NUCLEAR ELECTRIC PROPULSION
This section describes the power and ion propulsion technologies selected for the Mars mission scenarlos. mission applications due to total power requirement for delivery of substantial payload mass, and because the mission was an outbound planetary trajectory, making solar arrays less attractive as the power source. High specific impulse ion propulsion is a fuel efficient alternative to chemical propulsion for large delta V missions. technology and provide the only near-term high (>3000 sec) specific impulse capability.
Only nuclear power was considered for these Ion thrusters are a relatively mature electric propulsion They also have a potential growth to very high power levels.
Power Technology
The selection of the power systems for the Mars mission scenarios included two nuclear reactor power levels. The lower power scenarios used the SP-100 reactor mass and power specifications (ref. 4). These are a reactor mass of 7200 kg at an electrical power of 300 kW. The higher power scenarios used a reactor mass o f 30 000 kg at 3 MW electrical power (ref. 5).
Ion Propulsion Technology
Assessing the ion propulsion system required selection of the ion thruster technology (performance and operating conditions) and then determination of the propulsion system parameters (including system component masses and architecture). Thruster performance (specific impulse, thrust, power) can be projected for a variety of propellants by interpolation and extrapolation of thruster technology based on w e l l known physical o p e r a t i n g l i m i t s . l i m i t s i n c l u d e t h e maximum e l e c t r i c f i e l d s t r e n g t h and maximum beam c u r r e n t d e n s i t y f o r t h e i o n o p t i c s , as w e l l as maximum power d e n s i t y due t o thermal c o n s t r a i n t s . t h r u s t e r operation w i t h xenon p r o p e l l a n t i n excess o f 10 kW. p u l s i o n system a n a l y s i s i n d i c a t e d t h a t 30-cm i o n t h r u s t e r s w i t h xenon propell a n t a t t h e low power case (300 kW) may r e q u i r e an excessive number o f t h r u s t e r s t o process t h i s power. The number of t h r u s t e r s i s reduced somewhat by o p e r a t i n g w i t h a lower atomic weight p r o p e l l a n t such as argon w i t h a consequent increase i n s p e c i f i c impulse, o r by i n c r e a s i n g t h e t h r u s t e r diameter.
These o p e r a t i n g Experimental data has demonstrated ( r e f s . 6 and 7 ) 30-cm i o n P r e l i m i n a r y pro-By i n c r e a s i n g t h e t h r u s t e r diameter, t h e power per t h r u s t e r can be increased and t h e number o f t h r u s t e r s can be decreased. P r i o r research I n v o l vi n g t h r u s t e r designs beyond t h e 30-cm diameter i n c l u d e both experimental e f f o r t s w i t h 50-cm and 1.5-m diameter discharge chambers ( r e f s . 8 and 9) and conceptual design studies o f 50-cm ion t h r u s t e r s ( r e f s . 10 t o 12). i n t e r v e n i n g two decades since the i n l t i a l experimental e f f o r t s w i t h t h e 50-cm mercury i o n t h r u s t e r were concluded, however, s i g n i f i c a n t advances i n i o n t h r u s t e r component technology have been made. These advances, i n c l u d i n g development o f h i g h emission c u r r e n t hollow cathodes, broad-beam h i g h perveance i o n o p t i c s , and magnetic-multipole d i scharge chamber plasma containment schemes, as w e l l as t h e t r a n s i t i o n f r o m mercury t o i n e r t gas p r o p e l l a n t s , should p r o v i d e a performance c a p a b i l i t y g r e a t l y i n excess of t h a t p r e v i o u s l y demonstrated. With t h e s t r a i g h t f o r w a r d nature of p r o j e c t i n g 50-cm t h r u s t e r performance combined w i t h t h e knowledge o f an experimental e f f o r t now underway a t NASA Lewis t o develop and t e s t 50-cm i o n t h r u s t e r s a t h i g h power, t h e 50-cm t h r u s t e r was selected as t h e b a s e l i n e design f o r t h i s mission study.
I n t h e
The p r o j e c t e d performance o f 50-cm diameter i o n t h r u s t e r s o p e r a t i n g on xenon and argon p r o p e l l a n t s was calculated using t h e assumptions l i s t e d i n appendix A. t a b l e I.
The performance numbers used i n t h i s a n a l y s i s a r e shown i n The i o n p r o p u l s i o n system parameters were c a l c u l a t e d u s i n g a methodology d e r i v e d from Byers, e t a l . ( r e f . 13). This mass model defines t h e p r o p u l s i o n system i n t o a t h r u s t module and an i n t e r f a c e module, as shown I n t a b l e 11. Table I11 l i s t s t h e equations used i n c a l c u l a t i n g t h e component masses o f t h e t h r u s t and i n t e r f a c e modules. A s e t o f p r o p u l s i o n system parameters were c a lc u l a t e d f o r each value o f i o n t h r u s t e r o p e r a t i n g c o n d i t i o n and each t r a j e c t o r y option. That i s , a f t e r s e l e c t i n g a t h r u s t e r o p e r a t i n g c o n d i t i o n ( a t o t a l o f 8:2 p r o p e l l a n t s a t f o u r values of Isp), 12 t r a j e c t o r i e s were c a l c u l a t e d ( s i x t r a j e c t o r y options a t t w o values o f t o t a l i n p u t power t o t h e p r o p u l s i o n module) using these t h r u s t e r numbers. s i o n d e l t a V from t h e t r a j e c t o r y analyses, a system a n a l y s i s was conducted t o d e f i n e t h e t o t a l p r o p u l s i o n system mass, i n c l u d i n g p r o p e l l a n t . A payload d e l i v e r y mass was then derived by s u b t r a c t i n g t o t a l p r o p u l s i o n system mass, power source mass, and contingency (1000 kg f o r 300 kW, 10 000 kg f o r 3 MW) from t h e predefined value o f i n i t i a l mass. p r o p u l s i o n system w i t h t h e exception o f t h e r e c o n f i g u r a t i o n u n i t s , c o n t r o l l e r s , and converters. be a p a r t o f t h e spacecraft (payload) and hence was n o t included i n t h e evaluat i o n of t h e p r o p u l s i o n systems.
Based on t h e c a l c u l a t e d t h r u s t i n g time and mls-
No redundancy was i n c l u d e d i n t h e Also, t h e mass o f a g u l d a n c e h a v i g a t i o n system was assumed t o
TRAJECTORY OPTIONS
The low thrust trajectory analysis was accomplished using the computer code NBODY (ref. 14), executed on a Cray XHP supercomputer. developed and exercised extensively during the 60's and early 7 0 ' s when much work was being performed in the area of ion propulsion mission analysis. NBODY is a multi-purpose trajectory optimization program that includes either a highthrust escape or tangential-thrust spiral escape, an interplanetary trajectory with possible coast times, and either a high-thrust or spiral capture. Detalled ephemeris data provide for a possible ten-body perturbation problem. Optimization methods incorporated into the code provide for optimum thrust angle (angle between the thrust and velocity vectors), central travel angle (angle describing the arc traveled from initial to final locations), and on-off thrust times for a given trip time to insure maximum payload mass.
This code was
The initial mass was held constant for each power level. For the 300 kW power level the initial mass was restricted to one shuttle-equivalent payload to low Earth orbit (LEO). 27 270 kg (60 000 lbm), and allowing for 15 percent airborne support equipment (ASE) mass, the Initial mass in LEO for the 300 kW power level was assumed to be 23 180 kg. The existence of an orbit transfer vehicle (OTV) to place the spacecraft in its initial starting altitude and velocity was assumed based on recent OTV mission models (ref. 15). For the 3 HW power level an initial mass was obtained by adding the power source mass (30 000 kg) to an estimated maximum propulsion system wet mass plus contingency plus an estimate for a sizable payload. This initial mass in orbit for the 3 HW power level was assumed to be 150 000 kg. The trajectory analysis was then performed with three different initial altitudes with two different initial velocities for a total of six trajectory options.
With the shuttle lift capability taken to be

Geocentric Phase
The geocentric phase of the trajectory began at the inltial altitude and continued until the spacecraft reached the edge of the earth's sphere of influence, taken to be at a radius of 925 000 km from the center of the earth (145 earth radii). During this phase the Earth was the center of the system with the sun acting as a perturbing body. initial conditions used in the study. Three starting altitudes were used: nuclear start orbit at an altitude of 800 km; a geosynchronous-equivalent altitude of approximately 35 700 km; and a lunar orbit at an altitude of approximately 378 000 km. The spacecraft started in the ecliptic plane in all cases. At each of these starting altitudes two different initial velocities were used. The first was local circular velocity which then used a two-body tangentialthrust spiral escape. The second was local escape velocity which eliminated the need for a time consuming spiral. imparted to the spacecraft either by the orbit transfer vehicle which delivered the spacecraft to its starting point, or by a small chemical booster stage. It should be noted that while the difference between circular and escape velocities at NSO is 3100 m/s, this reduces to 1300 m/s at GEO and only 420 m/S at a lunar orbit.
Table IV summarizes the six different
This escape velocity was assumed to be
Heliocentric Phase
Once the spacecraft reached a radius of 925 000 km (145 earth radii) from the center of the earth, the origin of the system switched from the earth to the sun, and the interplanetary trajectory began. During thls phase the sun was the center of the system with the Earth acting as a perturbing body. a desired trip time and central travel angle as inputs, the program optimized the thrust angle (angle between the velocity and thrust vectors), and engine on-off times in order to obtain a maximum payload mass.
With
Aerocentric Phase
Although the program contains options for high-thrust or spiral captures at the target planet, the arrival conditions were simplified in this study by not including Mars as a perturbing body. radius from the sun and orbital velocity with a path angle (angle between the local horizontal and velocity vector) of zero. With these conditions the spacecraft will rendezvous with Mars and eventually settle into a high orbit.
Since Mars' gravity is only one-third that of the Earth's, and since the spacecraft would remain in a high orbit, the introduction of Mars as a perturbing body would cause only a minimal change to total payload mass and trip time.
The target conditions were Mars' Table V summarizes the combination of the six trajectory options with the 16 propulsion systems for a total of 96 mission scenarios.
RESULTS AND DISCUSSION
Nuclear Electric Propulsion Systems
From the 96 mlsslon scenarios Identified, total propulsion system masses were calculated for 20, as indicated in tables V and VI. These include: (1) system masses at 300 kW power level with two propellants, over the range of four values of specific impulse for each propellant for the NSO spiral trajectory option (a total of eight missions); (2) system masses at 300 kW power level with two propellants, at one Isp per propellant for the five remaining trajectory options (a total of ten missions); and (3) system masses at 3 MW power level with two propellants, at one Isp per propellant for the lunar spiral trajectory option (a total of two missions). The first set of casesthose spiraling from NSO at 300 kW power levelprobably represent the most near-term of missions, whereas the 3 MW spiral missions from the moon are more far-term missions applicable after the establishment of a manned lunar base.
From the first set of cases (NSO spiral at 300 kW), it is seen from tables VI(a) and (b) that a reduction in total propulsion system mass occurs with increasing values of thruster specific impulse. The reason is twofold. At higher values of Isp, less propellant is required to accomplish the mission. Also, higher values of Isp in this case equate to higher beam voltages, and consequently higher thruster input power. Therefore, to process a fixed power Into the propulsion module requires fewer thrusters. cases, the total number of thrusters required goes from 7 down to 3 over the range of Isp. These a r e technologies which r e q u i r e demonstration and should be considered a much higher r i s k than t h e 50 cm/2500 t o t a l v o l t a g e t h r u s t e r s used as a b a s e l i n e i n t h i s study. As seen i n t a b l e s VI(c) and (d), t h e t o t a l prop u l s i o n system dry mass i s approximately t e n times more massive than t h a t f o r t h e 300 kW cases.
For these
These two values correspond t o t h e h i g h e s t power
The number of For a l l the mission scenarios, t h e t o t a l t h r u s t i n g time determined from t h e t r a j e c t o r y analyses ranged from 3360 h r (140 days; l u n a r s p i r a l w i t h xenon p r o p e l l a n t a t 3 MW), t o 16 680 h r (695 days; NSO s p i r a l w i t h argon p r o p e l l a n t a t 300 kW). F i g u r e 2 shows a breakdown o f t h e spacecraft masses f o r t h e NSO s p i r a l t r a j e c t o r y option using xenon p r o p e l l a n t a t an I s p o f 5294 sec and a power l e v e l o f 300 kW. Although t h i s mission scenario d e l i v e r s a r e l a t i v e l y small payload mass, i t can be seen t h a t t h e payload i s s t l l l more than 30 percent o f t h e t o t a l i n i t i a l mass. source i s a major p a r t of t h e i n i t i a l mass, and any r e d u c t i o n i n t h i s power source mass would lead d i r e c t l y t o an increase i n payload. t h a t t h e t o t a l propulsion system d r y mass i s a small percentage o f t h e i n i t i a l mass.
The f i g u r e a l s o i l l u s t r a t e s t h a t t h e mass o f t h e power F i n a l l y , i t i s seen Table VI11 d The top h a l f o f t h e t a b l e l i s t s t h e v a r i a t i o n w i t h t i m e o f radius, Note t h a t t h e l a s t e n t r y ( a t 216.34 days) has an e c c e n t r i c i t y g r e a t e r than one, which i n d i c a t e s t h a t t h e spacecraft has reached escape v e l o c i t y and i s on a hyperbolic path. l i s t s t h e same parameters except t h a t the c e n t r a l t r a v e l angle about t h e sun replaces r e v o l u t i o n s about the Earth. F i g u r e 3 shows t h i s mission p i c t o r i a l l y i n two p a r t s . phase. I t should be noted t h a t t h e f l a t t e n i n g of t h e s p i r a l over t h e l a s t few p o i n t s i s an I n d i c a t i o n o f t h e sun's g r a v i t a t i o n a l i n f l u e n c e becoming s t r o n g e r than t h e E a r t h ' s i n f l u e n c e . Figure 3 With these parameters f o l l o w i n g t h e same trends, i t was a n t i c i p a t e d t h a t changes i n I s p w i l l have t h e same e f f e c t f o r t h e h i g h power l e v e l as t h a t discussed f o r t h e low power l e v e l . Because t h e 3 MW power l e v e l was considered t o be more advanced technology, a t t e n t i o n was focused on t h e t r a j e c t o r y o p t i o n t h a t began i n l u n a r o r b i t . This was based on c u r r e n t studies, such as t h e National Commission on Space Report ( r e f . 1) and t h e Space 1995 study ( r e f . 17), which recommend a manned l u n a r base i n t h e n e x t century. The total trip time varies less than 9 percent for the three trajectory options that began with local escape velocity. the spacecraft an initial escape velocity has the effect of removing the Earth's gravitational influence and relegating the earth to a perturbing body for the entire trajectory. In this case, the difference between NSO, GEO, and lunar orbit is small when compared to the distance between the Earth and the sun. The optimum trip times for the spiral cases, however, vary about 30 percent for the xenon cases and almost 70 percent for the argon cases. This is a significant difference which makes the advantage of a lunar base obvious when trip time becomes important. It should be noted from figure 6(b) that the maximum trip time is 770 days for the case of the spiral from NSO using argon propellant at the 300 kW power level. Although this is slightly more than 2 years, it is reasonable for an unmanned sample return, a robotic survey mission, or an unmanned payload delivery In support of a manned Mars mission. The minimum trip time 1s obtained for the trajectory options that began with escape velocity using xenon propellant. For these cases, the trip time is as low as 344 days.
Each bar is divided to show the thrusting and coasting phases.
This should be expected since giving Figure 7 shows payload mass for the six trajectory options for the 300 kW power level and for the lunar orbit spiral for the 3 MW power level. Again it can be seen that for the three trajectory options that began with local escape velocity the payload mass is relatively constant. The same arguments used above to explain constant total trip time also apply here to payload mass. Since the Earth's gravity well is already conquered at the start of the mission, the difference in total delta V required to reach Mars' orbit is small. All of the payloads for the 300 kW power level missions range from 7400 to 10 700 kg for the xenon system, as shown in figure 7(a) , and from 10 200 to 12 300 kg for the argon system, as shown In figure 7(b) . This is a sufficient payload capability to accomplish a sample return mission with an estimated required payload (return propellant Included) in orbit of 6600 kg, or a robotic survey mission with an estimated required payload in orbit of 4000 kg (ref. 1 8 ) . Both the sample return and robotic survey are missions likely to occur in the initial phases of manned Mars missions. The payload mass for the case of the spiral from lunar orbit for the 3 MW power level was 72 200 kg for xenon and 81 500 kg for argon. This mission scenario could be used to accomplish the delivery of a combination of a habitat or a power unit estimated at 22 500 kg, and heavy machinery, such as an earthmover or crane, estimated at 35 000 kg (ref. 18). These payloads are typical of delivery missions that will be required in final preparation and continued support of manned Mars missions.
CONCLUDING REMARKS
A study was performed that combined nuclear-powered ion propulsion technology with detailed trajectory analysis to determine the propulsion system and trajectory options for an unmanned cargo mission to Mars in support of manned Mars missions. pellants (xenon and argon) at four values of specific impulse per propellant to provide a total of 16 possible propulsion systems. inputs to six trajectory options (starting positions of nuclear start orbit, geosynchronous-equivalent orbit, and lunar orbit with either local circular or local escape velocities) for a total of 96 mission scenarios. This number was reduced to 60 trajectory analyses and 20 trajectory and propulsion system analyses due to technology constraints and mission similarities.
Two power levels (300 kW and 3 MW) were combined with two pro-These were used as Increasing the Isp increased the payload mass delivered to Mars' orbit. This increase in payload mass was most significant (10 to 25 percent) for the more energetic (higher delta V) missions such as the spiral from nuclear start orbit. For the less energetic missions such as the trajectory starting In lunar orbit with escape velocity, the payload mass increased less than 4 percent over the range of specific impulse studied.
Because fixed power was delivered to the propulsion module, the total thrust generated by the ion propulsion system decreased with increasing specific impulse. Due to this decrease in thrust, the propulsion module needed to operate for longer periods of time. These increased thrusting times partly negated the reduction in propellant mass requirement achieved by higher values of specific impulse. times. Consequently, a trade-off exists between Isp, total trip time, and payload mass delivered to Mars' orbit.
The lower thrust also resulted in longer total mission
A mass breakdown showed that the power source is a significant percentage of the initial mass, and reductions in this would directly increase payload mass. Also, the dry mass of the propulsion system is not a significant portion of the initial mass.
Total trip times for the 300 kW power level ranged from 344 days for a xenon propulsion system beginning from lunar orbit with escape velocity, to 770 days for an argon propulsion system beginning from nuclear start orbit with circular velocity. Total trip times for the 3 HW power level ranged from 356 to 413 days. For the missions starting at local circular velocity, the time of the geocentric escape spiral was as much as 40 percent of the total mission time (starting from nuclear start orbit). For a given trajectory option (starting altitude and velocity), the total mission time was always longer when using argon propellant.
Payload masses ranged from 5700 to 12 300 kg for the 300 kW power level, and 72 200 to 81 500 kg for the 3 MW power level. option, payload mass was always larger when using argon propellant.
For a given trajectory
The most significant result of the study was the determination of payload Any of the low power missions can deliver paymass delivered to Mars' orbit. loads that will be required of a manned Mars buildup. Examples of these payloads would be a sample return mission or robotic survey mission. The high power cases studied have the capability of delivering a habitat module, power unit, or heavy machinery, or a combination of this equipment. A nuclearpowered ion propelled vehicle can play a vital role in mankind's first step into the solar system by accomplishing all unmanned missions presently envisioned in support of manned Mars exploration.
Appendix A The assumptions used in calculating projected 50-cm ion thruster performance include: (1) The beam current was derived from an empirical equation which predicts the performance of 30-cm ion optics (ref. 19). given by
This derived expression is Jb = A x 5.3 E-5 X (V~)2*2/(M).5
( 1 1   where A is the effective beam area (for 50-cm diameter), H is the propellant  a.m.u., and VT is the total accelerating voltage. Equation (1) represents 75 percent of the maximum beam current capability (for operating margin) attained experimentally;
(2) The total accelerating voltage used across the ion optics was 2500 V,
30-cm ion optics at a grid gap of 0.6 mm;
which is approximately 83 Four values of specific impulse were selected for the two propellants, corresponding to R values of 0.55, 0.70, 0.80, and 0.90. At the thruster input powers associated with these R values, the number of thrusters required to process the 276 kW (300 kW reactor power times an average total power processor unit (ppu) efficiency of 0.92) were not integral. Consequently, the power per thruster was reduced in each case by decreasing the beam current from the value calculated from equation (1) to an input power level per thruster which would provide for an integral number of thrusters. This was done while maintaining a constant beam voltage (to fix the specific impulse). 17 . Covault, C., llWoon Base Gaining Support as New U.S. Space Goal,* A v i a t i o n
Week and Space Technolow, Vol . 126, No. 19, Way 11, 1987, pp. 22-24. 
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